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Aerothermodynamic Environment about a
Highly Swept Wing Leading Edge

Iraj Amirkabirian* and John J. Bertint
University of Texas at Austin, Texas

Sam A. Mezinesi
McDonnell-Douglas Astronautics Company, St. Louis, Missouri

A numerical code has been developed to predict the aerothermodynamic environment of a highly swept wing
leading edge at zero angle of attack, including the region outboard of the shock/shock intersection and a real-gas
model for the thermodynamic properties as well as a perfect-gas model. Flowfield solutions generated by the
code have been compared with wind tunnel data for wedge/swept-cylinder configurations and for the Space
Shuttle Orbiter at zero angle of attack. The agreement between the computed flowfields and the experimental
data is consistent with the approximations tacit to the flowfield model used in the numerical code. Furthermore,
the computed heating rate histories for the wing leading edge at station 2y, /b = 0.55 are in reasonable agreement
with the stagnation line flight measurements, even though the data for the flight are at an angle of attack while

the computed values are for zero angle of attack.

Nomenclature
b =wing span
L =length of the vehicle
n =normal to the streamline
r = static pressure
r =radial distance from the centerline of the cylinder
representing the wing leading edge
r,  =radius of curvature
w =transverse velocity
1) =circumferential angle in a plane normal to the wing

leading edge

Subscripts
o =freestream
sl =stagnation line

Introduction

O generate design values for the convective heating rates

experienced by a maneuvering vehicle during re-entry,
one must be able to develop engineering models for the
viscid/inviscid interactions associated with complex three-
dimensional flowfields. One such viscid/inviscid interaction
_that has received considerable attention because of its impor-
tance to the Space Shuttle Orbiter is that interaction between
the fuselage-generated shock envelope and the wing-generated
shock envelope that can produce large perturbations in the
local heating to the wing leading edge.

It has been observed that hypersonic vehicles can experience
severe damage from locally high heating rates generated when
the incident, or ‘‘bow,’’ shockwave of the vehicle impinges on
the leading edge of a wing or a fin. The problems of shock-
wave/boundary-layer interference have been widely studied in
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recent years. Many of the investigations employed a shock
generator (either a wedge or conical surface) to generate the
bow shock wave and a fin with a hemicylindrical leading edge
to represent the wing. Thus the models were designed to
simulate the essential features of the flight configurations
while providing a flowfield which could be readily analyzed.

Bushnell! correctly identified the flowfield phenomena
associated with the intersection of the ‘‘bow-generated’’ shock
wave with the cylinder-generated shock wave for very large
sweep angles. Edney? classifies this interaction as a Type VI
pattern. No localized increases in heating were measured in the
region of the wedge shock impingement for either laminar or
turbulent stagnation-line, boundary-layer flow. However, the
heating increased along that portion of the cylinder subjected
to the wedge flow. The maximum increase in this region can be
predicted using the local flow conditions to evaluate the
necessary fluid properties for the infinite, swept-cylinder
theories.> By comparing the data obtained when the cylinder
and the wedge were attached with the data obtained when the
cylinder and the wedge were separated, Bushnell found that
the extent of the flow separation in the cylinder/wedge junc-
ture was small for the flow conditions considered. Hiers and
Loubsky? observed the same general features in data obtained
at a very much lower Reynolds number.

From these tests involving ‘‘partial’> models, one finds that
the important parameters in describing the interaction be-
tween the bow shock wave and the wing shock wave include
the initial flow deflection (i.e., the incidence angle of the
shock generator), the sweep angle of the leading edge, the
Mach number, and the Reynolds number.

Since the flowfields for winged configurations contain
multiple shock envelopes, interactions between two or more of
the shock waves generate the viscid/inviscid interactions
already described. The intensity of the interaction phenomena
between the fuselage-generated shock wave and the wing-
generated shock wave is strongly configuration-dependent.
Flowfield perturbations are much more pronounced for the
straight-winged, low cross-range orbiters than for the delta-
winged, high cross-range orbiters.

Solutions have been developed for the ‘‘three-dimensional’’
flow in the plane of symmetry of a swept cylinder (which
represented the wing leading edge) that was mounted on a
wedge (which generated the bow shock wave). A numerical
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code was developed® using integral techniques to calculate the
flow in the shock layer upstream of the interaction region (i.e.,
near the wing root). Heat transfer rates were calculated for
various freestream conditions, including the re-entry flight
conditions expected for the Shuttle Orbiter. A velocity-
dependent increase was observed in the computed heating
rates in the region inboard of the interaction. The analyses of
Refs. 5 and 6 were used by designers at Rockwell to develop a
scaling correlation from wind tunnel-measured data to the an-
ticipated flight conditions.”

The work described in the present paper was undertaken to
extend these techniques to calculate the aerothermodynamic
environment for the wing leading edge in the interaction
region and beyond.

Analysis

As was noted in the Introduction, the type of shock interac-
tion pattern that occurs when the bow-generated shock in-
tersects the wing leading edge shock wave is governed primar-
ily by the sweep angle of the leading edge. Since the Type VI
pattern most probably exists for the highly swept leading edges
of current interest, the subsequent analysis will be limited to
this type of interaction. A detailed sketch of the flowfield
model for this pattern is presented in Fig. 1.

Flowfield Adjacent to the Wedge (Region 2)

The simulated bow shockwave is generated when a wedge
deflects the freestream flow through an angle 6. For this
assumed flow model, the bow shock wave is linear and the
flow in Region 2 is two-dimensional. Thus, for the present
flow model, a particular property is constant throughout this
region. With the freestream conditions and the flow deflection
angle & known, the Rankine-Hugoniot relations® can be used
to uniquely determine the flow properties in Region 2. The
real-gas properties for air in thermodynamic equilibrium are
generated using a table lookup procedure based on the Mollier
tables® or using a series of curve fits.1°

Flow along the Wing Leading Edge

Since only the Type VI shock/shock interaction is to be con-
sidered, the cylinder, i.e., the simulated wing leading edge, is
inclined relative to the wedge such that the flow downstream
of the wing leading edge shock envelope remains supersonic.
Crossflow away from the plane of symmetry causes the flow in
the shock layer to be three-dimensional, As a result, the wing
leading edge shock envelope is curved. The streamtube
method is used in the present study to calculate the effects of
crossflow on the shock structure and the fluid properties in the
shock layer along the wing leading edge.

Sketches of the streamtube patterns that were used to
calculate the inviscid flowfield in the plane of symmetry in-
board of the shock/shock interaction are presented in Figs. 2
and 3. Note that the wing leading edge shock wave begins at
the juncture between the wedge (i.e., the simulated fuselage)
and the cylinder (i.c., the simulated wing). Thus, the effect of
the fuselage boundary layer and the possibility that the
viscid/inviscid interaction causes separation at the wing root
are not included in the flow model. This omission could be of
importance at very low Reynolds numbers (where the fuselage
boundary layer would be sensitive to shock-induced perturba-
tions) or for extreme sweep angles (either very low or very
high, yet within the range of Type VI).

The inviscid shock-layer flow is computed for a grid of fluid
elements (i,j) where i designates the streamwise station and j
designates the streamtube, Downstream of the shock wave,
the entropy is assumed to be constant along a streamline.

The procedure begins with the element at the wing root of
the swept cylinder, i.e., element (1,1), and proceeds
downstream. Sketches illustrating the nomenclature for this
segment are presented in Figs. 4 and 5. The crossflow velocity
for the fluid leaving the element (see Figs. 3, 5, and 6) is
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Fig. 2 Sketch of the theoretical model for the flowfield inboard of
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Fig. 3 A detailed sketch of the mass balance concept for the stream-
tubes in the wing root region.

calculated using the linear approximation

dw
=—A 1
w @ V4 m

The required crossflow velocity gradient is determined assum-
ing that the pressure variation perpendicular to the stagnation
line (i.e., the plane of symmetry) is approximately that for a
modified Newtonian flow. Furthermore, the modified Newto-
nian pressure correlation is simplified to the form

P _ coste Q)
Dy

because ¢ is small and p,,/p should be much less than one.

Using Euler’s equation to approximate the inviscid flow in
the transverse plane

(%), G2, ©
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and taking the derivative of Eq. (2),

d d
-apz——: —2p, cosd sine d—(i )

Combining Egs. (1), (3), and (4) and noting that ¢ is small
near the stagnation line, the required velocity gradient is

(5),-(~2), ®

These equations are applied not only to element (1,1) but to all
elements.

Using the nomenclature of Figs. 4 and 5, a mass balance is
written for the wedge-like element (1,1). An iterative pro-
cedure for the shock wave angle is repeated until the mass ef-
flux is within 1% of the mass influx for this element. Having
satisfied this criterion, the shock wave angle and the flow
properties for the first element (1,1) are calculated preparatory
to solving for the flow in the elements of the second station
(2, j) where j=1 or 2.

As shown in Fig. 3, there are two elements at the second
streamwise station: a wedge-like element bounded by the wing
leading edge shock wave (2,2) and a rectangular element adja-
cent to the wall (2,1). The final value of the shock wave angle
for element (1,1) is used as the initial guess for the shock wave
angle for the second streamwise station. Since the flow proper-
ties upstream of the shock wave (i.e., in Region 2) are known,
the static pressure and the flow direction for element (2,2) can
be calculated. For the initial iteration, the pressure is assumed
to be constant across the shock layer, i.e., independent of y.
The entropy of the fluid of the internal element (2,1) is as-
sumed to be equal to that of element (1,1); i.e., the entropy is
constant along a streamline. Having determined the pressure
and the entropy, the remaining fluid properties can be
evaluated.

The flow direction in element (2,1) is specified as being
parallel to the wall, whereas the flow direction in element (1,1)
is defined by the resultant shock wave angle. The change in the
flow direction is used to construct the streamline and to
calculate its radius of curvature. Since the pressure gradient
normal to the streamline!! is

op  pl?
on

©®

Thus, one can estimate the pressure gradient across an element
in the shock layer. With the static pressure in the element
immediately downstream of the shock wave (2,2) defined by
the Rankine-Hugoniot relations, the pressure change across
the shock layer is calculated using Eq. (6) to account for the
curvature of the inner streamline. Since the assumption that
the entropy is constant along a streamline remains in force, the
other flow properties of element (2,1) can be calculated.

Using the ““improved’’ flow properties, the mass balance re-
quirement is applied to the rectangular element as shown in
Fig. 6. If the mass efflux calculated is not within 1% of the
mass influx, the shock wave angle is corrected, and the
iterative procedure for calculating the pressure distribution
across the shock layer is repeated. The calculation of the mass
flux for the rectangular element and of the pressure distribu-
tion across the shock layer is repeated until successive values
of the surface pressure agree to within 0.1%.

A similar procedure was used at successive streamwise sta-
tions up to the location where the simulated bow shock wave
intersected the wing leading edge shock wave.

Outboard of the Shock/Shock Intersection

Note that the flow that passes through the wing leading edge
shock wave outboard of the intersection with the bow shock
wave passes through a single shock wave (see Fig. 1). At the
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Fig. 4 Nomenclature for the wing leading edge/shock wave structure
in the wing root region.
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Fig. 5 Sketch illustrating the mass balance for the wedge-like ele-
ment (1,1) at the wing leading region.
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Fig. 6 Sketch illustrating the mass balance for rectangular element
2,1).

same station, the fluid that is near the surface has passed
through two shock waves. Note that all of the shock waves in
the Type VI pattern are weak; that is, the downstream flow re-
mains supersonic (with limited exceptions). Thus, since the
turning of a flow through incremental steps causes the static
pressure to be greater than it would be if the same turning were
accomplished in a single step, the static pressure in Region 3
(inboard of the intersection) is greater than that in Region 6
(outboard of the intersection). To accomplish the required
pressure decrease, an expansion fan originates at the
shock/shock intersection and impinges on the wing leading
edge as shown in Figs. 1 and 7. The acceleration of the fluid
along a streamline is isentropic as the fluid particles go from
Region 3 through Region 5. As a result, the entropy of the
fluid in Regions 3 through 5, i.e., that fluid passing through
two shock waves, is less than the entropy of the fluid in Region
6, which has passed through a single (albeit, relatively strong)
shock wave.

At a given station, the pressure and the flow direction at the
outer portion of Region 4 (initially, and Region 5, eventually)
match those of the inner bound of Region 6. However, the
variation in entropy causes differences in other fluid proper-
ties (e.g., velocity) as well. Thus, a shear layer at the interface
between the flow in these two regions originates at the
shock/shock intersection. If one neglects the viscous effects
that create the shear layer (as was done in the present study), a
slip line (or a discontinuity in fluid properties) originates at the
intersection.

A single wave is used for the expansion process in the pres-
ent model for flow past the swept cylinder that represents the
wing leading edge. This flow model simplification allows the
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Fig. 7 Nomenclature for the flow coniaining the expansion wave and
its reflection. » '
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Fig. 8 A comparison of the computed pressure distributions and the
experimental pressures for A =45 deg, as presented in Ref. 15.

mass balance (including crossflow) for the elements to be more
easily calculated while maintaining an accuracy consistent
with this technique. Again, the iterative procedure employs
the calculation of the streamline curvature, the computation
of the pressure gradient across the shock layer, and the ap-
plication of the mass-flow-balance requirement to solve for
the inviscid shock-layer flow. The iterative procedure is
repeated until successive values of the surface pressure agree
to within 0.1%.

The reflected expansion wave is assumed to be of equal
strength to the impinging wave but'is a left-running wave.
Once the reflected expansion wave encounters the wing
leading edge shock wave, it is cancelled, and no further waves
cross the shock layer. Thus, the computation of the flow
downstream of this station is identical to the procedure
described for the flow inboard of the shock/shock inter-
section. : ’

Heat Transfer Distribution along the Wing Leading Edge

The heat transfer distribution for the plane of symmetry of
the swept cylinder was calculated using a code for a nonsimilar
boundary layer.!? In order to generate solutions for the
viscous boundary layer, one must input the flow properties at
the edge of the boundary layer and the flow properties at the
wall. The three-dimensional character of the boundary layer is
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Fig. 9 Plane of symmetry pressure distribution for wedge/cylinder
configuration of Ref. 1, A=45 deg.

approximated using the axisymmetric analog.'* Thus, another
input is the cross-section radius for the equivalent body of
revolution. The inviscid, shock-layer flowfield (determined us-
ing the techniques of the previous sections) provides the flow
properties at the edge of the boundary layer. The wall
temperature distribution is assumed to be known, providing
the boundary condition at the inner edge of the boundary
layer.

The divergence of the streamlines along the wing leading
edge is characterized by the metric coefficient distribution,
i.e., the streamwise variation of the cross-sectional radius for
an equivalent body of revolution. The metric coefficient
distribution is calculated using the relation

oy dw

dr,, =—2 =~
Tea =7 dz

dx @)

The radius of the cylindrical leading edge is used as the value
of the metric of the initial streamwise station, i.e., at the wing
root station. '

Heat transfer distributions along the plane of symmetry
were calculated for a laminar boundary layer originating
either at the upstream end of the cylinder or at the leading
edge of the wedge. For this latter procedure, which was used in
generating solutions for ‘‘Space Shuttle-like’” configurations,
the flow over the wedge is assumed to be two-dimensional and
that along the cylinder leading edge to be equivalent
axisymmetric. :
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Discussion of Results

The numerical code has been used to compute the flowfield
solutions for various wedge/swept-cylinder configurations ex-
posed to a variety of flow conditions. For those configurations
for which data are available, the computed flowfields are com-
pared with the experimental values.

Correlations with Data from Ref. 15

Schlieren photographs and surface pressure measurements
were obtained when a wedge/cylinder configuration was ex-
posed to a supersonic stream by Barnette.!® The freestream
Mach number was 4.97 and the nominal freestream Reynolds
number was 51.7 X 105/m (15.7 x 108/ft). The sweep angle of
the cylinder was. varied from 30 through 70 deg.

The measured pressures are compared with the computed
values in Fig. 8. Computed flowfield solutions were generated
for three models for these gas properties: perfect-gas, air in
thermodynamic equilibrium as defined by the Mollier tables,’
and air in thermodynamic equilibrium as defined by correla-
tions.!® Since air at wind tunnel conditions behaves as a
perfect gas, the computed solutions are essentially the same
for all three gas models.

Correlations with Data from Ref. 1

Surface pressures generated using the computer code have
been compared with the corresponding experimental values
that are presented by Bushnell.! The models used in the ex-
perimental program consisted of a sharp flat-plate inclined at
a 12 deg angle to the freestream flow and circular cylinders
that were either attached to or separated from the wedge and
were swept either 45 or 60 deg to the freestream.

The computed and the measured pressure distributions
from the plane of symmetry are compared in Fig. 9 for A=45
deg. As is the case with the data of Barnette,'’ the computed
flowfield provides satisfactory values for the pressures near
the wing root, for the location of the impinging expansion fan,
and for the pressures in the region downstream of the interac-
tion. The correlation between the computed pressures and
the measured values is weakest at the downstream end of
Region 3. '

Space Shuttle Orbiter

The computer code was used to generate flowfield solutions
for a wedge/cylinder geometry in an attempt to develop cor-
relations for the wing leading edge of the Space Shuttle Or-
biter. Flowfield solutions were generated for the freestream
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Fig. 10 Sketch of the nomenclature for the coordinate systems used
in the computer model: a) coordinate system for the Space Shuttle Or-
biter; b) coordinate system for the wedge/cylinder configuration.
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conditions of the wind tunnel tests described in Ref. 16 using
the perfect-gas relations for the properties of air and for the
flight environments!® using different models for the properties
of air,

Correlations of the Wind Tunnel Results

Heat transfer rates were measured on an 0.025-scale model
of the Space Shuttle Orbiter in the Calspan Hypersonic Shock
Tunnel. !¢ '

The computer code was used to generate flowfield solutions
for a wedge/cylinder configuration. The planforms of the
Shuttle Orbiter configuration and of the wedge/cylinder con-
figuration used to model the flow in the computer code are
presented in Figs. 10a and 10b respectively. As shown in Fig.
10b, the wedge was inclined 9 deg to the freestream flow, thus
matching the planform inclination angle of the fuselage. The
cylinder was swept 45 deg, matching the wing leading edge
sweep angle. Note that the wedge/cylinder geometry does not
simulate the gradual turning of the flow in the wing root
region produced by the glove on the Orbiter (the planform
trace of which is indicated by the broken line of Fig. 10b).

The computed heat transfer distribution for the wedge/
cylinder configuration described is compared in Fig. 11 with
the heating rates measured in the Calspan Hypersonic Shock
Tunnel using an 0.025-scale Orbiter at zero angle of attack.!6
The heat transfer rates for the fuselage and for the wing
leading edge are presented as a function of xz/L. Thus, a
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Fig. 11 Comparison of computed heat transfer distribution with ex-
perimental measurements of Ref. 16 for «=0 deg, M =9.857,
Re,, /s =1.584x105.
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Fig. 12 Histories of flight parameters for STS4 as a function of time
from epoch (Ref. 18).
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Fig. 13 Pressure and heat transfer distributions for six selected flight
conditions: a) pressure distributions; b) heat transfer distributions.

sketch of the model planform is included in Fig. 11 to provide
a physical reference for the heating rate distribution. The
freestream Reynolds number based on a wing leading edge
diameter of 1.27 c¢cm (0.50 in.), which is the approximate
leading edge diameter at 2y, =0.55b and which serves as the
“‘reference value’’ for the present discussion of the wind tun-
nel data, is 0.66 x 10°. Based on Bushnell and Huffman’s tran-
sition criteria for swept cylinders or for wing leading edges,!”
the boundary layer should be laminar for this case. The
‘‘reasonable”” agreement between the theoretical laminar
values and the experimental wvalues substantiate this
assumption.

Correlations at Flight Conditions

Flowfield solutions for the wing leading edge were also
generated for flight conditions. The dimensions of the
wedge/cylinder configuration used in the computer model
simulated the full-scale Shuttle Orbiter. Six conditions were
selected from the velocity/altitude histories for the flight of
the STS4, as presented in Ref. 18, The trajectories from Ref.
18 and the six flight conditions selected for further analysis are
presented in Fig. 12. Also presented in Fig. 12 are the assumed
wall temperatures at the times of interest. The wall
temperature histories are based on flight-test data presented
by Curry et al.'?

The pressure distributions and the heat transfer distribu-
tions from the plane of symmetry are presented in Figs. 13a
and 13b. To account for the real-gas effects, the ther-
modynamic properties were determined using the relations!®
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Fig. 14 Comparison of computed heating rates and the measured
nominal flight heating rate history for panel 9 (Ref. 19).

for the inviscid flow and the tables® for the boundary-layer
calculations.

The heat transfer distributions for the six selected condi-
tions are presented in Fig. 13b. The heat transfer rates ap-
parently exhibit an interrelated dependence on the various
parameters, e.g., freestream conditions, surface temperature,
etc. As a result, without experimental data to compare with
these computed heat transfer distributions, no further com-
ments will be made regarding Fig. 13b. However, Curry et
al.’ present heating rate histories at selected locations from
the flight of STS2. The nominal heating rate history for panel
9 presented by Curry et al. is reproduced in Fig. 14. Also
presented are the heating rates at this location computed for
six selected flight conditions. Note that in order to align the
two heating rate histories (i.e., to match the time of the
relatively constant heating rates), 550 s were subtracted from
the time scale of Fig. 12. The agreement between the com-
puted values and the experimental values presented in Fig. 14
is considered good. However, in a subsequent analysis of these
data, Williams and Curry? note that ‘‘the Panel 9 convective
heating has been arbitrarily increased to obtain better agree-
ment between measured and predicted temperatures.”” Thus,
the reader should view the correlation between the present
calculations and the flight data as presented in Fig. 14 as
qualitative.

Concluding Remarks

A numerical code has been developed to compute the
aerothermodynamic environment for a Type VI shock/shock
interaction for a wedge/swept-cylinder configuration. The
flow model also approximates that for the wing leading edge
of a configuration at zero angle of attack. The code has been
used to generate flowfield solutions for wedge/cylinder con-
figurations in a variety of wind tunnel environments. Com-
parisons were made between data and theory for schlieren
photographs, surface pressures, and heat transfer rates. The
code has also been used to generate flowfield solutions for the
Space Shuttle Orbiter at wind tunnel conditions and at flight
conditions. The agreement between the computed flowfields
and the experimentally determined values for the various
parameters is believed to be acceptable over the entire range of
conditions considered.
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